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FOREWORD

'T'his dociment presents the results of work performed by

the Lockheed Missiles & Space Company, Huntsville Research &

Engineering Center, while under subcontract to Northrop Space

iaboratories (NSL-PO5-09287- in support of the Aero-Astrody-

naimics Labor atory of Marshall Space Flight Center (MSFC)

Mission Support Contract NAS8-20082. This task was conducted

in response to the requirement Schedule Order B-49, Paragraph A.

The Technical Director for this task was Dr. Richard C. Farmer

NASA/MSFC R-AERO-AT.
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SUMMARY

'Tilis report presents the results of a colrprehensive comparison sti.idy

which was carried out to verify the LMSC/IIREG lmethod of characteristics

prg ram as a working tool to compute nozzle and exhaust plume flow fields.

Comnparisons were made with experirnental data such as rocket. nozzle wall

conolr pressures, jet exhaust plume shapes, and shock locations in rocket

c-x haui. t flow fields.

This report. is comprised of three basic parts. First, theoretical

resulls from the LMSC/HREG rCnethod of characteristics program were

compared with theoretical results obtained fromn another independent method

of characteristics prograrm. Next, the program results were compared with

experimental data. (These experimental. comnparisons are subdivided into

groups dealing with ideal gases and groups dealing with reacting gases.)

Finally, the prograln's versatility is demonstrated by treating several pro-

b lellns o f a -sonte what nu~1 s al. nature.

In all cases where comparisons between experimental data and the

niwthod of characteri stics are shown, the starting information used in the

analysis was exactly lhat provided by the data. source. The raw experi-

mental data accuracy was not questjoned or modified in any way, but, in

some instances some modification may have been justifiable. However, the

st.tudy was conducted under the preise that one would not: normally know

thie resulta.nlt flow field before the compWiutat.ions were made. Thus, sonie

of the comparisons are very good while others do not correlate quite so well.

It has been the philosophy of those preparing this report to present. the data.

for the most part, in the form of experimental. schlieren photographs o\er--

layed with the theoretical data. This eliminates any bias which would be

inherent in the transfer of the data to another graphical form.

In general, the comparisons are excellent considering the broad range

of pressure ratios, types of gases, (both ideal and reacting), and nozzle

configurations studied.
Iiii
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SYMBOLS

M
j Mach number at nozzle exit

/F oxygen to fuel ratio

Po ambient pressre, psia

Pt chamber pressure, psia.

P. pressure at nozzle exit, psia

R radial distance, inches

R. radius of nozzle exit, inches

X axial distance, inches

Y ratio of specific heats

0 nozzle exit half angle, degrees

V



LMS(C/IiR i A78Z592

INTRODUCTION

'The frjw of exhaust gases from rocket nozzles can cause a variety of

cmplex design prob lemns. For example, rnany problems arise depending on

vehicle all.itude and I.he proximity of a. rocket nozzl.e to a.djacent surfaces, if

I e exhaust gases imp in ge on suc I s urfaces. Such Iiprob leIs ;are exIreme I y a cute

in near vacuumnl conditions which cause large billowing jet plumes. For

cehicle flights within the earth's atmosphere, expanding plumes rnay caause

se parat.ion of the air flow over the vehicle afterbody introducing unstable

aerodynamic characteristics. Dutring separation of vehicle stages, rocket

exhaust plune i)mJpingee nt may induce forces and pressures on the vehicle

which rmust be evalulated. Attitude control rockets used for orbit corrections

.. 1so cause direct-imp-ingenent of exhaust gase-s -on parts of the vehicle struc-

llre. Exha ust plumes al.so can cause heating probl.em s to the base regions

of vehicles by their radiation characteristics, thus knowledge is required

concerning the spatial distribution of flow properties, i.e., temperature,

density, etc.

In view of the many problems associated with rocket exhaust plumes,

various studies have been carried out: in an attempt to gain insight into their

behavior. Most of these studies, however, have been restricted to ideal, gas

exhaust plumes at. relatively low rocket: chamber to arbient pressure ratios.

The method of characteristics has long been recognized as an accurate

method for theoretically describing compressible fluids in supersonic flow.

Therefore, a procedure for obtaining numerical solutions to problems in

supersonic steady flow by the method of characteristics was programmed

by LMSC/HREC for digital computer computations, Reference 1. This re-

port presents correlations of theoretical predictions, made by using methods

described in Reference 1, with experimental data obtained from various



s1lirces and Cnverilng a V wide range of conlditlions i 'tliding reacting gas effects.

)Other c, olparison studies, sulch as thal: reported in FRefer' ince 4, have colrre-

tated one set olf experillmenta]l data with their theoretica]. predictions. This

document, which reports on comparisons between theory and experimental

data froni such a wide variety of sdurces, contains what is thought to be the

niost comprehensive group of comparisons that can be found.

In addition to the comparison studies, demonstration of the computer

program's flexibility is also shown in this report.
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Section 1

TECHNICAL DISCUSSION

i.1 I iMORE'FICA L COMPARISONS

In order to theoretically verify the flow field solutions obtained by the

MI.,MSC nielihod of characteristics program, Reference 1, a. comparison with

theoretical data from Reference 2 w as made. Reference 2 presents data

generated by a method of characterislics progranm developed by Convair.

These data are presented in the form of free boundaries, shock waves, and

Mach number contours. Figure 1 shows the comparison between the LMSC/

ItREC melthod of characteristics prograrn and the results shown in Reference

2, for a slightly under expanded nozzle. As can be seen in Figure 1, agree-

--me-ntbetween the--two_solutions is quite good. Fi.gure 2 presents data conm-

parisons for a. highly under-expanded nozzle. H1ere again, agreemlent is

excellent even when the free boundary and shock wave exceed 90 degrees.

In many instances, the plume shape is of primary interest; therefore, a

comparison of free boundaries at various altitudes has been made. Figure 3

shows the results of the two solutions indicating very good agreement. Since

the data presented in Reference 2 is restricted to ideal gases, all of the

theoretical comnparisons shown in Figures 1, 2, and 3 were computed for an

ideal gas at the conditions noted on each figure.

3
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1.2 EXPEI I MENTAL COMPAR ISONS

1.2.1 Cold Flow (Ideal Gas) Cases

Several schlieren photographs of cold gas pl.um1es flowing from a small

aiir nr'zzle were obtained from Mr. Joseph L. Sirris of the NASA/M.SFC Aero-

A st. rodynarmics LIaboratory. Chanbe r-to-a nbien. pressure ratios and nozzle

geoometry were also supplied so the theoretical corrparison of the experi-

i inle.ia pulllne free boundary and s hock waves could be performed. Figure 4

shows the schelieren photograph of a. plume wherein the shock wave ena-

nat.es fro the nozzle lip and goes through a regular reflection at the axis.

'he theoretical comparison, indicated b)y dots on the phiotograph, shows fair

agreelment for both the free boundary and the shock waves. It was possible,

for this case, to continue the theorelical solution drownstreajmn because of Ifhe

regilar reflection of the shock waves at the axis.

It can be seen that the theoretical points deviate progressively as the

soltriion proceeds downstream fromn the first reflected shock. It: was felt that

the downstream deviation obtained for this case is probably due to a. iack of

acci'ate pressure ratio d ata. Any inacculracy introduced in the initiation of

lhe flow problen is then accumnilative as the solution is continued through each

succeeding shock reflection.

Figrre 5 presents another schlieren photographi of an exhaust pIonie wilh

sunperimposed theoretical shocks and boundaries. Excellent agreenent is ob-

tained here for the free boundary and especial.ly the shock wave. Solutions

downst ream of the Mach disc were not atte mcipted for this case. Theoretical

predictions for both Figures 4 and 5 were accomplished using ideal gas soiu-

tions and the nozzle flow conditions presented on each figure.

Other experimental data were obtained from Reference 3 which

4
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descrihe s cold flow stmidies of a 1/56 scale F'-I engine nozzze. Sat:ic

pressures on the interior nozzle contour and schlieren photographs of the

pluni flow field were obtained fromn that investigation. Two cases from

Reference 3 were arbitrarily chosen for correlation withtheoretical, cal.cu-

lat:ions using the LMSC/HREC computer program. The first case, shown

in J'i gure 6, and identified as run number 2302-7-0 in Reference 3, is a

slightly over-expanded jet and indicates good agreement between the calcu-

lated shock and free boundary as evidenced by the superimposed dots on the

schlieren photograph. Comparison of the calculated and experimental static

pressures on the interior nozzle contour for this saime case are shown in

Figure 7. Some deviation between theory and experiment is apparent in this

comparison but is felt to be partially due to lack of accurate information about

the nozzle contour, and inaccuracy of the recorded data and data reduction

procedures.

...Figul.re.8 pres.ents. the ~secondcase chosen, with .then retical data super -

imposed as dots on the schlieren photograph. Good agreement is again

apparent for both the shock waves and the free boundary. Note that in Figure

8 there are two shock waves that appear to emanate from the nozzle lip. The

inner one is a strong nozzle shock while the outer one dev Ilops by the co.o-

alescence of Mach waves reflecting from the free boundary. The theoretical

solut ion for this case was continued downstreanm by using the experiment al

loca tion of the Mach disc and reflecting the nozzle shock at this point. An

approximate solution was made assuming that the flow behind the normal

shock was swallowed by a pipe having the diameter of the Mach disc and ex-

tending down the axis. As such, this portion of the flow had no further in-

fluence on the mlethod of characteristics solution. Both cases presented in

Figures 6 and 8 were computed from the nozzle throat all the way through the

nozzle and then out into the plume.

Another set of schlieren photographs was obtained from NASA.

Langley Research Center, Hampton, Virginia, Reference 4. Reference 4

presents both experimental and theoretical studies of free jets exhausting

5



inlo still air from both sonic and siipersonic nozzles at relatIively high

pressure ra ,lios. lThe working gas in these tests was cold air, and as siich,

was treated in e he theoretical analysis as an ideal. gas. F'igures 9, 10 and

I 1 sho w theoretical coinparisons of the free jet boundary and internal shock

qstructure for the Mach 1.0 nozzle over a range of pressure ratios. These

phoographs were obtained from Langley Research Center and their the ore-

tical predictions are shown as white dots, whereas the predictions rnade by

I,ocklhed using the .IMSC/HR.EC method of characteristics program are

shown as red dots. .Excellent correlation was obtained as shown in the figulres

Note that the Lockheed theoretical predictions incllde the shock wave, even

for the high pressure ratio case. Some coininent is in order crncerning the

apparent deviation of the predictions in the far wake: region. This is probably

caused by viscouls spreading effects, as the prediction techniques are re-

strict.ed to an inviscid solution. There is also reason to believe that flow

instability may have occurred during the photographing of the jet flow field.

Figure 12 shows the correlation obtained with the.Mach. 2.2..Eoz.zle.. Ex-

cellent agreement is again shown for the free boundary and for the shock

wave down to the Mach disc location.
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1.2.2 TInt Flow (ileacting Gas) Cases

A portion of the overall experimental verification of the LMSC method

of characteristics program is concerned with the confirmation of the com-

putational procedure used to facilitate the handling of reacting gases. R.ef-

crence I presents a detailed description of the derivations and assumptions

which are basic to the reacting gas method of characteristics computer pro-

grain. It is sufficient here to say that reacting gas analyses are accomplished

within the program by the use of tabular functions of the reacting gas proper-

ties. The reacting gas property data are obtained from the NASA/Lewis

The rnjochemical Computer Program, Reference 5. It is the purpose of

this section of the report to present results showing that the methods em-

ployed and the theoretical models used, result in realistic reacting gas flow

field calculations.

Full scale measured pressures on the Saturn V, F-1 engine skirt ex-

tension were obtained from Reference 6. For the tests reported in Reference

6 the F-I engine was burning LOX/RP-1 and generated thrust of 1.5 million

pounds. Correlations with the F-1 engine experimental data were attempted

using a reacting gas analysis based on the recorded charmber pressure and

oxygen/fuel (O/F) ratio from the test conditions. Figure 13 presents the

correlation of measured and experimental pressures for the engine nozzle ex-

tension. The nozzle contour used in the analysis was slightly modified to

account for the boundary layer displacement thickness due to turbine exhaust

gas injection along the nozzle extension, Reference 7. In order to develop a
better understanding of the effect of using reacting gas analyses, two other

correlations with the F-1 pressure data were performed using ideal gas

solutions. These cases are also sh'own in Figure 13. One case was com-

puted using the chamber value of the ratio of specific heats, (Y) and the other

case was analyzed using a value of Y at the nozzle exit: plane. Of the three

7



LMSC/II P E G A78?,92

cases show %n in F'igure 13, the reacting gas sn i t.ion compares best with the

experimonl al data.

Other full scale measured pressure data were obtained from Reference

8. .'hese data are in the form of measured static pressures along the nozzie

contour of the Saturn I H-1 engine. The H-1 engine burns LOX/R P-1 and

generates about 188,000 lb. thrust. Comparison of the theoretical and ex-

pe rinlental pressures is shown in Figure 14, Figure 15 presents a photograph

of an 1-1-1 firing with a superimposed theoretical boundary. It was thought tiat
perhaps the low energy boundary layer gas may not be following the same flow

pattern as the high energy core flow; therefore, an attempt was made to corre-

late the free boundary shown in the photograph (Figure 15) by including a bound-

ary layer at the nozzle lip and expanding the supersonic portion inviscidly to

the boundary pressure.

In Reference 9, the results of several rocket nozzle hot firing tests are

reported. Variations in chamber pressure, O/F ratio, and type of propellants

utilized characterize each run. One of these tests was arbitrarily chosen to

compare with a theoretical model. The experimental results were presented

in Reference 9 in the forn, of radial temperature and GO 2 partial pressiure

profiles across the nozzle exit plane. Initial attelmpts to theoretically con -

pt.e these profiles proved unsatisfactory when the reai gas properties em-

ployed were based upon a constant 0/F' ratio. Kx; nination of these results

and the discussion presented in Reference 9 indicated that: due to in jectr

design, the O/F' ratio downst:renam of the inljector plate was not conslant but
actually varied radially across the nozzle. Using the e xpe r in la te per a-

tuire profile, and the calculated pressure distribution, an estiant.e of the O/F
ratio variation at the nozzle exit was determined. This O/F ratio radial pro-

file was assumed siminlar throughout the nozzle; a as asumpjtion which is justi-

fiablec if viscous and diffusive effects can be neglected. This assumption

det:ernmines the throat O/F ratio variation. The problern was then re-run

obtaining an improved estimate of the exit plane properties. 'his procedure

was repeated until the exit plane properties did not change between successive

8



romjn fler runs. 'lie results of this an;ialysis are pr's'itoed it ) i res 16

and 17. In .F'igllre 16 ii: can be seen tlhat, the exit plane telllperat re pro ileh

pr'ediclle by asstumingl a constlant O/FT ratio does nol: conmpare al all w ilh t li

e(xperimnita.l profile. The theoretical prediction, mnad, by asstumirng a vari-

able O/iF rat.io, however, compares quite favorably. Figure 17 shows a

comparison of the experimental and theoretical CO 2 partial pressure profiles

across the nozzle exit plane. Again it may be observed thatl: the profile ob-

tained using the constant O/F ratio assumption does not agree very well with

the experimental profile. HIowever, by using a variable O/F ratio the pre-

dicted profile compares much more closely with the experimental values.

No conclusions are mlade here concerning t:he validity of the theoreti-

cai predictions. It is apparent, however, that the O/F ratio variations

caused by injector design is an important consideration and further study

is warranteid.

Further confirmnation of the theoretical reacting gas inethod of char-

acleristics compput:al.iolial procedure was obtained by comnparing the pluime

shape, i.e., free botindary, and shock st:ructure of rocket exhaust plumes

photRog raphed ( ir i ng fi rings. The photographs, engine nozzle configurations,

and gas flow paranueters were obtained from the R.ocketdyne Division of

North American Aviation, Reference 10.

All of the analyses performed to conmpare wit:h these photographs were

made usin g gas property data generated by the NASA/Lewis The rmochemical

Coipilter Program. The propellants utilized, the O/F ratio and chamber

pressures were all provided by Reference 10.

Figures 18 and 19 show comparisons of theoretical predictions as

superimposed dots on the photographs of actual experimental firings at the

chamber pressures and O/F ratios 'shown on the figures. Both of these

firings utilized N204/N H4-UDMH piropeliants.

9



o;'rr l'iglire 18, conditions were sulch tha1I. the inllidenf, shock wav,' \vwas

vWy weak and the Ilethod of charac.eristics mesh size ulsed didl not: permit

(dtlectit0n of this shock iint.il its strength increased near the axis. The re fore

only the shock reflection point on the axis is shown for thi-s weak shock. In

TF;igure 19 the p:resence of the Mach disc limits the application of the tlheory

to regions upstream of the normal shock. The solution was continued down-

stream by reflecting the shock wave at the experimental location of the Mach

disc and using the approximate technique already described in Section 1.2.1

and prl'Viots y prosented in Figure 8.

Figures 20 and 21 present correlations of theoretical free boundaries

and shock waves for hot firing plume photographs of a LOX/ALCOHOL engine.

The propellant combination was LOX/92.5% CH IT OI-7.5% 1H20. ProplIlants

utilized, chamber pressures and O/F ratios are shown on each figure. The

theoretical predictions agree very well for these two cases as far downstream

as the solutions were carried. For Figure 21 the Mach disc again limits the

prediction technique to portions of the flow field npstrearn of the normal shock.

However, the solution was continued by reflecting the shock at the experimen-

tal location of the Mach disc and using the approximate technique described

in Section 1.2.1.

10
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1.3 PROGRAM CAPABILITY DEMONSTRATION

The most common and probably the most important applications of

the LMSC method of characteristics program are in the areas of standard

rocket: nozzles and axisymmetric plumes. Many other complex flow fields

can be treated if full use is made of the program's flexibility and options.

In this section several unusual types of cases are described to demonstrate

the progranm's versatility. Figure 22 shows the boundaries and shock waves

computed for a problem with unusual boundary conditions. This figure also

illustrates the program's ability to compute multiple right-running shock

waves provided the preceding shock terminates by dissipation into the lower

free boundary before the succeeding shock is initiated.

Another unusual application of the program is depicted by Figure 23.

This solution is analogous to thrust vector control by secondary injection

for a two-dimensional configuration, Reference 11. The penetration of the

dividing stream line and internal shock are shown for various injection angles

The external free stream flow imposes severe boundary conditions on the

method of characteristics solution, but as shown by the results in this figure

the program was able to handle these conditions satisfactorily.

11



.LMSC/ RE1 G A 82592

Section 2

CONCLUSIONS

All the comparisons presented in this report show excellent agree-

ment considering the broad range of pressure ratios, types of gases, i.e.,

ideal and reacting, and nozzle configurations studies. It is therefore con-

cluded that the LMSC/HREC method of characteristics program, Reference

1, will successfully and accurately compute theoretical, inviscid supersonic

flow fields for a wide variety of conditions.

Several problem areas were encountered during the course of this

investigation,however, which need further investigation. The program

used in this study is restricted to inviscid flow fields. A method which

wotild couple the viscous -inviscid interaction pheome na.-would further en -

hance flow field prediction capabilities. The effects of inadequate mixing

of the fuel and oxidizer in the combustion chamber, either accidental or dce-

liberate (for nozzle wall cooling effect), bears further investigation in order

to improve practical nozzle and plume flow field predictions. It was found

during this study that in many cases the nozzle boundary layer growth had

to be included as a perturbation of the inviscid flow field solution. More

investigation of this problem is also warrented.

Several of the correlations attempted involved a Mach disc in the

exhaust plume. Different approximate solutions are available for: locating

the triple point and some were used in order to continue the flow field

solution downstream of the Mach disc. Lockheed has studied this problemn in

considerable detail; however, none of the solution techniques investigated

were applicable in the general case. More study should be carried out in

this vital area.

12
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